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(57) ABSTRACT

A swept turbomachinery blade for use 1n a cascade of such
blades 1s disclosed. The blade (12) has an airfo1l (22) uniquely
swept so that an endwall shock (64) of limited radial extent
and a passage shock (66) are coincident and a working
medium (48) flowing through interblade passages (50) 1s
subjected to a single coincident shock rather than the indi-
vidual shocks. In one embodiment of the invention the for-
wardmost extremity of the airfoil defines an iner transition
point (40) located at an 1nner transition radius r-inner. The
sweep angle of the airfoil 1s nondecreasing with increasing,
radius from the inner transition radius to an outer transition
radwus r, _ .., radially inward of the airfoil tip (26), and 1s
nonincreasing with increasing radius between the outer tran-
sition radius and the airfoil tip.

7 Claims, 7 Drawing Sheets
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1
SWEPT TURBOMACHINERY BLADL

Matter enclosed in heavy brackets [ ] appears in the
original patent but forms no part of this reissue specifica-
tion; matter printed in italics indicates the additions
made by reissue.

CROSS-REFERENCE 10O RELATED
APPLICATIONS

This is a continuation of application Ser. No. 09/343,736,
filed Jun. 30, 1999 now U.S. Pat. No. Re. 35,040, seeking
reissue of U.S. Pat. No. 5,642,985, issued Jul. 1, 1997.

STATEMENT REGARDING GOVERNMENT
RIGHTS

The government has certain vights to this invention under

Department of Defense Contract No. NOOI40-91-C-2793.

TECHNICAL FIELD

This 1invention relates to turbomachinery blades, and par-
ticularly to blades whose airfoils are swept to minimize the
adverse eflects of supersonic flow of a working medium over
the airfoil surfaces.

BACKGROUND OF THE INVENTION

Gas turbine engines employ cascades of blades to
exchange energy with a compressible working medium gas
that flows axially through the engine. Each blade 1n the cas-
cade has an attachment which engages a slot 1n a rotatable hub
so that the blades extend radially outward from the hub. Each
blade has a radially extending airfoil, and each airfoil coop-
crates with the airfoils of the neighboring blades to define a
series of iterblade flow passages through the cascade. The
radially outer boundary of the tlow passages 1s formed by a
case which circumscribes the airfoil tips. The radially inner
boundary of the passages 1s formed by abutting platforms
which extend circumierentially from each blade.

During engine operation the hub, and therefore the blades
attached thereto, rotate about a longitudinally extending rota-
tional axis. The velocity of the working medium relative to the
blades increases with increasing radius. Accordingly, 1t 1s not
uncommon for the airfoil leading edges to be swept forward
or swept back to mitigate the adverse acrodynamic efifects
associated with the compressibility of the working medium at
high velocities.

One disadvantage of a swept blade results from pressure
waves which extend along the span of each airfoil suction
surface and reflect off the surrounding case. Because the
airfoi1l 1s swept, both the incident waves and the retlected
waves are oblique to the case. The reflected waves interact
with the imncident waves and coalesce 1into a planar aerody-
namic shock which extends across the interblade flow chan-
nel between neighboring airfoils. These “endwall shocks™
extend radially inward a limited distance from the case. In
addition, the compressibility of the working medium causes a
passage shock, which 1s unrelated to the above described
endwall shock, to extend across the passage from the leading
edge of each blade to the suction surface of the adjacent blade.
As aresult, the working medium gas flowing into the channels
encounters multiple shocks and experiences unrecoverable
losses 1n velocity and total pressure, both of which degrade
the engine’s elliciency. What 1s needed 1s a turbomachinery
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blade whose airfoil 1s swept to mitigate the effects of working,
medium compressibility while also avoiding the adverse
influences of multiple shocks.

DISCLOSURE OF THE INVENTION

It 1s therefore an object of the mvention to minimize the

acrodynamic losses and efliciency degradation associated
with endwall shocks by limiting the number of shocks 1n each
interblade passage.

According to the invention, a blade for a blade cascade has
an airfo1l which 1s swept over at least a portion of 1ts span, and
the section of the airfoil radially coextensive with the endwall
shock intercepts the endwall shock extending from the neigh-
boring airfo1l so that the endwall shock and the passage shock
are coincident.

In one embodiment the axially forwardmost extremity of
the airfoil’s leading edge defines an inner transition point
located at an 1nner transition radius radially inward of the
airfo1l tip. An outer transition point 1s located at an outer
transition radius radially intermediate the inner transition
radius and the airfo1l tip. The outer transition radius and the
t1ip bound a blade tip region while the 1nner and outer transi-
tion radi1 bound an intermediate region. The leading edge 1s
swept at a first sweep angle 1n the intermediate region and 1s
swept at a second sweep angle over at least a portion of the tip
region. The first sweep angle 1s generally nondecreasing with
increasing radius and the second sweep angle 1s generally
non-increasing with increasing radius.

The mvention has the advantage of limiting the number of
shocks 1n each interblade passage so that engine efficiency 1s
maximized.

BRIEF DESCRIPTION OF THE DRAWINGS

FIG. 1 1s a cross sectional side elevation of the fan section
of a gas turbine engine showing a swept back fan blade
according to the present invention.

FIG. 2 1s an enlarged view of the blade of FIG. 1 including
an alternative leading edge profile shown by dotted lines and
a prior art blade shown 1n phantom.

FIG. 3 1s a developed view taken along the line 3-3 of FIG.
2 1llustrating the tips of four blades of the present invention
along with four prior art blades shown in phantom.

FIG. 4 1s a schematic perspective view of an airfoil frag-
ment 1llustrating the definition of sweep angle.

FIG. 5 1s a developed view similar to FIG. 3 1llustrating an
alternative embodiment of the invention and showing prior art
blades 1n phantom.

FIG. 6 1s a cross sectional side elevation of the fan section
of a gas turbine engine showing a forward swept fan blade
according to the present invention and showing a prior art fan
blade 1n phantom.

FIG. 7 1s a developed view taken along the line 7-7 of FIG.
6 illustrating the tips of four blades of the present invention
along with four prior art blades shown in phantom.

BEST MODE FOR CARRYING OUT TH
INVENTION

(L]

Referring to FIGS. 1-3, the forward end of a gas turbine
engine includes a fan section 10 having a cascade of fan
blades 12. Each blade has an attachment 14 for attaching the
blade to a disk or hub 16 which 1s rotatable about a longitu-
dinally extending rotational axis 18. Each blade also has a
circumierentially extending platform 20 radially outward of
the attachment. When 1nstalled 1n an engine, the platforms of
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neighboring blades in the cascade abut each other to form the
cascade’s mner flowpath boundary. An airfoil 22 extending
radially outward from each platform has a root 24, a tip 26, a
leading edge 28, a trailing edge 30, a pressure surface 32 and
a suction surface 34. The axially forwardmost extremity of
the leading edge defines an inner transition point 40 at an
inner transition radius r-1nner, radially inward of the tip. The
blade cascade 1s circumscribed by a case 42 which forms the
cascade’s outer flowpath boundary. The case includes a rub-
strip 46 which partially abrades away in the event that a
rotating blade contacts the case during engine operation. A
working medium tluid such as air 48 1s pressurized as 1t flows
axially through interblade passages 50 between neighboring
airfoils.

The hub 16 1s attached to a shait 52. During engine opera-
tion, a turbine (not shown) rotates the shaft, and therefore the
hub and the blades, about the axis 18 in direction R. Each
blade, therefore, has a leading neighbor which precedes 1t and
a trailing neighbor which follows it during rotation of the
blades about the rotational axis.

The axial velocity V_ (FIG. 3) of the working medium 1s
substantially constant across the radius of the flowpath. How-
ever the linear velocity U of a rotating airfoil increases with
increasing radius. Accordingly, the relative velocity V  of the
working medium at the airfoil leading edge increases with
increasing radius, and at high enough rotational speeds, the
airfoi1l experiences supersonic working medium flow veloci-
ties 1n the vicimity of 1ts tip. Supersonic tlow over an airfoil,
while beneficial for maximizing the pressurization of the
working medium, has the undesirable effect of reducing fan
eificiency by introducing losses 1n the working medium’s
velocity and total pressure. Therefore, 1t 1s typical to sweep
the airfo1l’s leading edge over at least a portion of the blade
span so that the working medium velocity component in the
chordwise direction (perpendicular to the leading edge) i1s
subsonic. Since the relative velocity V, increases with
increasing radius, the sweep angle typically increases with
increasing radius as well. As shown in FI1G. 4, the sweep angle
O at any arbitrary radius 1s the acute angle between a line 54
tangent to the leading edge 28 of the airfoil 22 and a plane 56
perpendicular to the relative velocity vector V. The sweep
angle 1s measured 1n plane 58 which contains both the relative
velocity vector and the tangent line and 1s perpendicular to
plane 56. In conformance with this definition sweep angles o,
and o,, referred to hereinafter and 1llustrated in FIGS. 2, 3 and
6 are shown as projections of the actual sweep angle onto the
plane of the illustrations.

Sweeping the blade leading edge, while usetul for mini-
mizing the adverse effects of supersonic working medium
velocity, has the undesirable side effect of creating an endwall
reflection shock. The tlow of the working medium over the
blade suction surface generates pressure waves 60 (shown
only in FIG. 1) which extend along the span of the blade and
reflect off the case. The reflected waves 62 and the incident
waves 60 coalesce 1n the vicinity of the case to form an
endwall shock 64 across each interblade passage. The end-
wall shock extends radially inward a limited distance, d, from
the case. As best seen 1n the prior art (phantom) 1llustration of
FIG. 3, each endwall shock is also oblique to a plane 67
perpendicular to the rotational axis so that the shock extends
axially and circumierentially. In principle, an endwall shock
can extend across multiple interblade passages and atiect the
working medium entering those passages. In practice, expan-
sion waves (as illustrated by the representative waves 68)
propagate axially forward from each airfoil and weaken the
endwall shock from the airfo1l’s leading neighbor so that each
endwall shock usually affects only the passage where the
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endwall shock originated. In addition, the supersonic charac-
ter of the flow causes passage shocks 66 to extend across the
passages. The passage shocks, which are unrelated to endwall
reflections, extend from the leading edge of each blade to the
suction surface of the blade’s leading neighbor. Thus, the
working medium 1s subjected to the aerodynamic losses of
multiple shocks with a corresponding degradation of engine
elficiency.

The endwall shock can be eliminated by making the case
wall perpendicular to the incident expansion waves so that the
incident waves coincide with their reflections. However other
design considerations, such as constraints on the flowpath
area and limitations on the case construction, may make this
option unattractive or unavailable. In circumstances where
the endwall shock cannot be eliminated, 1t 1s desirable for the
endwall shock to coincide with the passage shock since the
acrodynamic penalty of coincident shocks 1s less than that of
multiple individual shocks.

According to the present invention, coincidence of the
endwall shock and the passage shock 1s achieved by uniquely
shaping the airfoil so that the airfoil intercepts the endwall
shock extending from the airfoil’s leading neighbor and
results 1 coincidence between the endwall shock and the
passage shock.

A swept back airfoil according to the present invention has
a leading edge 28, a trailing edge 30, a root 24 and a tip 26
located at a tip radius r,, . An inner transition point 40 located
at an inner transition radius r -inner 1s the axially forwardmost
point on the leading edge. The leading edge of the airfoil 1s
swept back by a radially varying first sweep angle o, 1n an
intermediate region 70 of the airfoil (in FIG. 2 plane 56
appears as the line defined by the plane’s intersection with the
plane of the illustration and in FIG. 3 the tangent line 34
appears as the point where the tangent line penetrates the
plane of the Figure). The intermediate region 70 1s the region
radially bounded by the inner transition radius r-inner and the
outer transition radius r-outer. The first sweep angle, as 1s
customary 1n the art, 1s nondecreasing with increasing radius,
1.e. the sweep angle increases, or at least does not decrease,
with 1increasing radius.

The leading edge 28 of the airfoil 1s also swept back by a
radially varying second sweep angle o, 1n a tip region 74 of
the airfoil. The tip region 1s radially bounded by the outer
transition radius r-outer and a tip radius r, . The second
sweep angle 1s nomincreasing (decreases, or at least does not
increase) with increasing radius. This 1s in sharp contrast to
the prior art airfoil 22' whose sweep angle increases with
increasing radius radially outward of the inner transition
radius.

The beneficial effect of the invention 1s appreciated prima-
rily by reference to FIG. 3 which compares the invention (and
the associated endwall and passage shocks) to a prior art blade
(and 1ts associated shocks) shown 1n phantom. Referring first
to the prior art illustration 1 phantom, the endwall shock 64
originates as a result of the pressure waves 60 (FIG. 1) extend-
ing along the suction surface of each blade. Each endwall
shock 1s oblique to a plane 67 perpendicular to the rotational
ax1s, and extends across the interblade passage of origin. The
passage shock 66 also extends across the tlow passage from
the leading edge of a blade to the suction surface of the blade’s
leading neighbor. The working medium entering the passages
1s therefore adversely influenced by multiple shocks. By con-
trast, the nonincreasing character of the second sweep angle
of a swept back airfoil 22 according to the invention causes a
portion of the airfoil leading edge to be far enough forward
(upstream ) 1n the working medium flow that the section of the
airfo1l radially coextensive with the endwall shock extending
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from the airfoil’s leading neighbor intercepts the endwall
shock 64 (the unique sweep of the airfoi1l does not appreciably
affect the location or orientation of the endwall shock; the
phantom endwall shock associated with the prior art blade 1s
illustrated slightly upstream of the endwall shock for the
airfo1l of the invention for 1llustrative clarity). In addition, the
passage shock 66 (which remains attached to the airfoil lead-
ing edge and therefore 1s translated forward along with the
leading edge) 1s brought 1into coincidence with the endwall
shock so that the working medium does not encounter mul-
tiple shocks.

The embodiment of FIGS. 2 and 3 1llustrates a blade whose
leading edge, 1n comparison to the leading edge of a conven-
tional blade, has been translated axially forward parallel to
the rotational axis (the corresponding translation of the trail-
ing edge 1s an illustrative convenience—the location of the
trailing edge 1s not embraced by the mvention). However the
invention contemplates any blade whose airfoil intercepts the
endwall shock to bring the passage shock mto coincidence
with the endwall shock. For example, FIG. 5 illustrates an
embodiment where a section of the tip region 1s displaced
circumierentially (relative to the prior art blade) so that the
blade intercepts the endwall shock 64 and brings 1t into coin-
cidence with the passage shock 66. As with the embodiment
of FIG. 3, the displaced section extends radially inward far
enough to 1ntercept the endwall shock over its entire radial
extent and brings 1t into coincidence with the passage shock
66. This embodiment functions as effectively as the embodi-
ment of FIG. 3 1n terms of bringing the passage shock into
coincidence with the endwall shock. However 1t suffers from
the disadvantage that the airfoil tip 1s curled in the direction of
rotation R. In the event that the blade tip contacts the rubstrip
46 during engine operation, the curled blade tip will gouge
rather than abrade the rubstrip necessitating its replacement.
Other alternative embodiments may also suffer from this or
other disadvantages.

The mvention’s beneficial eflects also apply to a blade
having a forward swept airfoil. Referring to FIGS. 6 and 7, a
torward swept airfoil 122 according to the present invention
has a leading edge 128, a trailing edge 130, a root 124 and a
tip 126 located ata tip radius r,, ,. An mner transition point 140
located at an inner transition radius r-inner 1s the axially
altmost point on the leading edge. The leading edge of the
airfoil 1s swept forward by a radially varying first sweep angle
O, In an intermediate region 70 of the airfoil. The intermediate
region 1s radially bounded by the inner transition radius r,-
inner and the outer transition radius r-outer. The first sweep
angle T, 1s nondecreasing with increasing radius, 1.e. the
sweep angle increases, or at least does not decrease, with
increasing radius.

The leading edge 128 of the airfoil 1s also swept forward by
a radially varying second sweep angle o, 1n a tip region 74 of
the airfoil. The tip region 1s radially bounded by the outer
transition radius r-outer and the tip radius r,, . The second
sweep angle 1s nonincreasing (decreases, or at least does not
increase) with increasing radius. This 1s 1n sharp contrast to
the prior art airfoil 122" whose sweep angle increases with
increasing radius radially outward of the inner transition
radius.

In the forward swept embodiment of the invention, as 1in the
swept back embodiment, the nonincreasing sweep angle o, 1n
the tip region 74 causes the endwall shock 64 to be coincident
with the passage shock 66 for reducing the aerodynamic
losses as discussed previously. This 1s 1n contrast to the prior
art blade, shown 1n phantom where the endwall shock and the
passage shock are distinct and therefore impose multiple
aerodynamic losses on the working medium.
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In the swept back embodiment of FIG. 2, the inner transi-
tion point 1s the axially forwardmost point on the leading
edge. The leading edge 1s swept back at radu1 greater than the
inner transition radius. The character of the leading edge
sweep inward of the inner transition radius 1s not embraced by
the invention. In the forward swept embodiment of FIG. 6, the
inner transition point Is the axially aftmost point on the lead-
ing edge. The leading edge 1s swept forward at radi1 greater
than the inner transition radius. As with the swept back
embodiment, the character of the leading edge sweep inward
of the inner transition radius 1s not embraced by the invention.
In both the forward swept and back swept embodiments, the
inner transition point 1s illustrated as being radially outward
ol the airfoil root. However the invention also comprehends a
blade whose inner transition point (axially forwardmost point
for the swept back embodiment and axially aftmost point for
the forward swept embodiment) 1s radially coincident with
the leading edge of the root. This 1s shown, for example, by
the dotted leading edge 28" of FIG. 2.

The mmvention has been presented in the context of a fan
blade for a gas turbine engine, however, the invention’s appli-
cability extends to any turbomachinery airfoil wherein flow
passages between neighboring airfoils are subjected to mul-
tiple shocks.

We claim:

1. A turbomachinery blade for a turbine engine having a
cascade of blades rotatable about a rotational axis so that each
blade in the cascade has a leading neighbor and a trailing
neighbor, and each blade cooperates with 1ts neighbors to
define flow passages for a working medium gas, the blade
cascade being circumscribed by a case and under some opera-
tional conditions an endwall shock extends a limited distance
radially inward from the case and also extends axially and
circumierentially across the flow passages, and a passage
shock also extends across the flow passages, the turboma-
chinery blade including an airfoil having a leading edge, a
trailing edge, a root, a tip and an 1nner transition point located
at an 1ner transition radius radially inward of the tip, the
blade characterized in that at least a portion of the leading
edge radially outward of the inner transition point 1s swept
and a section of the airfoil radially coextensive with the end-
wall shock extending from the leading neighbor intercepts the
endwall shock so that the endwall shock and the passage
shock are coincident.

2. A turbomachinery blade for a turbine engine having a
cascade of blades rotatable about a rotational axis so that each
blade 1n the cascade has a leading neighbor and a trailing
neighbor, and each blade cooperates with 1ts neighbors to
define flow passages for a working medium gas, the blade
cascade being circumscribed by a case and under some opera-
tional conditions an endwall shock extends a limited distance
radially inward from the case and also extends axially and
circumierentially across the flow passages and a passage
shock also extends across the flow passages, the turboma-
chinery blade including an airfoil having a leading edge, a
trailing edge, a root, a tip located at a tip radius, an nner
transition point located at an 1nner transition radius radially
inward of the tip, and an outer transition point at an outer
transition radius radially intermediate the inner transition
radius and the tip radius, the blade having a tip region
bounded by the outer transition radius and the tip radius, and
an mtermediate region bounded by the inner transition radius
and the outer transition radius, the blade characterized 1n that
the leading edge 1s swept 1n the intermediate region at a first
sweep angle which 1s generally nondecreasing with increas-
ing radius, and the leading edge 1s swept over at least a portion
of the tip region at a second sweep angle which 1s generally
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nonincreasing with increasing radius so that the section of the
airfo1l radially coextensive with the endwall shock extending
from the leading neighbor intercepts the endwall shock so that
the endwall shock and the passage shock are coincident.

3. The turbomachinery blade of claim 1 or 2 characterized
in that the inner transition radius 1s coincident with the root at
the leading edge of the blade.

4. A fan stage of a ducted fan gas turbine engine that is
rotatable about an axis of votation and defines a downstream
divection along the axis of votation, comprising.

a fan casing that defines an inner duct wall having a fan

rotor reglion,
a hub disposed concentrically relative to the fan casing;
a fan rotor that includes multiple swept fan blades, the
swept fan blades being spaced apart avound the hub,
each of the multiple swept fan blades having:
a tip profile that corresponds to the inner duct wall of the
fan casing;
a leading edge that defines a variable sweep angle in a
dirvection perpendicular to the axis of rvotation, the lead-
ing edge including:
an inner vegion adjacent the hub, the inner region defin-
ing a forward sweep angle;

an intermediate region between the inner region and the
Jan casing, the intermediate region defining a rear-
ward sweep angle; and

an outer vegion between the intermediate vegion and the
Jan casing, the outer rvegion being transiated forward
relative to a leading edge with the same sweep angle
as an outward boundary of the intermediate region.

5. The fan stage according to claim 4, whevrein the leading
edge at a boundary between the intermediate vegion and the
inner vegion extends further upstream along the axis of vota-
tion than the leading edge of the inner region.
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6. The fan stage according to claim 4, wherein each of the
multiple swept fan blades includes a hub contacting surface
that extends further than the tip profile along the axis of
rotation,

/. A fan stage of a ducted fan gas turbine engine that is
rotatable about an axis of votation and defines a downstream
dirvection along the axis of votation, comprising:

a fan casing that defines an inner duct wall having a fan

rotor region;
a hub disposed concentrically velative to the fan casing;
a fan rotor that includes multiple swept fan blades, the
swept fan blades being spaced apart around the hub and
being capable of rotating at speeds providing supersonic
working medium gas velocities over the blades to cause
a shock in the gas adjacent the inner duct wall, each of
the multiple swept fan blades having:
a tip profile that corresponds to the inner duct wall of the
fan casing;
a leading edge that defines a variable sweep angle in a
divection perpendicular to the axis of votation, the lead-
ing edge including:
an inner vegion adjacent the hub, the inner vegion defin-
ing a forward sweep angle;

an intermediate region between the inner vegion and the
Jan casing, the intermediate region defining a rear-
ward sweep angle; and

an outer vegion between the intermediate region and the
fan casing, the outer vegion being translated forward
relative to a leading edge with the same sweep angle
as an outward boundary of the intermediate region to
provide a sweep angle that causes the blade to inter-
cept the shock.
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